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SUMMARY 
A rod-wall sound sh ie ld  was tested i n  t h e  Mach 5 pilot  q u i e t  t u n n e l  a t  t h e  
Langley Research Center over a range of Reynolds numbers of 0.5 x 1 O7 t o  
8.0 x 1 O7 per meter. The model cornsisted of a r ec t angu la r  a r r ay  o f  l ong i tud i -  
n a l  rods with  boundary-layer  suction  through  gaps  between  the rods. Rod s u r f a c e  
pressures ,  mean f ree-s t ream pi tot  pressures ,  and f l u c t u a t i n g  pitot p res su res  
were measured i n  t h e  rod-wall sound  sh ie ld .  T rans i t i on  in  the  rod boundary  lay- 
ers was determined by ax ia l  su rveys  wi th  su r face  pi tot  tubes  a long  the  windward 
r ay  o f  t he  rods. Hot-wire measurements were also made but  on ly  a t  a Reynolds 
number of 1.5 x 1 O7 per meter. The f l u c t u a t i n g  pitot p r e s s u r e  and hot-wire data 
were o b t a i n e d  i n  t h e  f r e e  stream w i t h i n  t h e  shielded region.  These  measurements 
i n d i c a t e d  t h a t  f o r  a uni t  Reynolds  number of about 1.5 x 1 07, t h e  rms p res su re  
f l u c t u a t i o n s ,  or noise, i n  t h e  s h i e l d e d  r e g i o n  were reduced from about 1.5 per- 
cen t  of t h e  mean p res su re  ( the  ave rage  l eve l  p re sen t  wi thout  t h e  s h i e l d )  to  
about 0.6 percent .  This  reduct ion  occurs  only  when t h e  f l a w  is mostly laminar 
on  the  rods. However, the ac tua l  nozz le  " inpu t "  no i se  as measured  upstream  on 
t h e  n o z z l e  c e n t e r l i n e  before r e f l e c t i o n  a t  t h e  s h i e l d  walls was appa ren t ly  
a t t e n u a t e d  o n l y  s l i g h t l y  e v e n  when t h e  rod boundary l a y e r s  were laminar. A t  a 
lower Reynolds number of about 7.0 x 1 O6 per meter, the  nozz le  inpu t  no i se  p e a k s  
a t  about 3 percent,  and for t h i s  c o n d i t i o n  t h e  n o i s e  l e v e l s  i n  t h e  s h i e l d  were 
a t t e n u a t e d  to about 1.5 percent, which is too high for a p p l i c a t i o n  to  a q u i e t  
tunnel .  A t  Reynolds  numbers  above 2.0 x 1 O7 'per meter, the measured noise  lev-  
els were genera l ly  h igher  than  nozz le  input  no ise  levels, probably due to  t ran-  
s i t i o n  i n  t h e  rod boundary  layers.  The mall  a t t e n u a t i o n  of t h e  n o z z l e  i n p u t  
no ise  a t  intermediate  Reynolds  numbers when t h e  rod boundary layers  a t  t h e  
a c o u s t i c  o r i g i n s  are laminar is apparent ly  due  t o  the  h igh  f r equenc ie s  of t h e  
i n p u t  noise. 
INTRODUCTION 
Noise radiated from turbulen t  boundary  layers  on  the  walls of supersonic  
and hypersonic wind tunne l s  domina te s  t r ans i t i on  on  simple tes t  models (refs. 1 
to 3 ) .  Thus, t he  basic problem to s o l v e  i n  t h e  d e s i g n  of a low-noise  supersonic 
wind tunne l  is how to reduce  the  no i se  radiated i n t o  t h e  test s e c t i o n  fran t h e  
nozzle-wal l  turbulent  boundary layers .  One method of r e d u c i n g  t h e  d i r e c t l y  
radiated no i se  is by us ing  a shield.  I f  a test r eg ion  is shielded f r a n  t h i s  
noise, the  local-stream n o i s e  l e v e l s  c a n  be reduced  provided  the  noise  re f lec ted  
or genera ted  a t  t h e  s h i e l d  walls is minimized.  Several shields have  been tested 
(ref. 4 to  71, w i t h  t h e  f i r s t  sh ie ld  be ing  a f l a t  p a n e l  w i t h  l o n g i t u d i n a l  rods. 
This panel was tested a t  Mach 6 (refs. 4 to 6 )  a t  1 Oo angle  of  attack to pro- 
vide induced suction through gaps between the rods to maintain laminar boundary 
l a y e r s  o n  t h e  rods. The results f o r  t h i s  f l a t  p a n e l  i n d i c a t e  t h a t  n o i s e  l e v e l s  
i n  t h e  s h i e l d e d  r e g i o n  were reduced  s igni f icant ly  up  to  Reynolds numbers of 
about 8 m i l l i o n  based o n  t h e  l e n g t h  of a h y p o t h e t i c a l  q u i e t  test r eg ion  
( r e f .  7). 
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With t h e  s u c c e s s f u l  t e s t i n g  o f  t h e  f l a t  rod-wall panel, an axisymmetric 
sound shield using the rod-wall  technique wi th  boundary-layer suction was 
designed and tested. The f l a w  f i e l d  i n  t h i s  model was highly nonuniform due 
to  s t rong  focusing  of   the  leading-edge  shock  on  the  center l ine (ref. 7) .  Based 
on these  r e su l t s ,  ano the r  model was designed with a r ec t angu la r  rod-wall con- 
f i g u r a t i o n  and  an  "open"  leading-edge  design. The rec tangular   des ign  elimi- 
nated the center l ine focusing problem. However, test data o n  t h i s  model indi-  
ca ted  noise  leve ls  h igher  than  expec ted  ( re f .  7) .  These  l a rge  no i se  l eve l s  were 
thought to be caused by the  open  leading-edge  des ign  which  resu l ted  in  ear ly  
t r a n s i t i o n  o n  t h e  rods and h igher  noise  leve ls .  The next change was to provide 
var ious  sharp flat-plate l ead ing  edges  and  f a i r ing  sec t ions  f r an  the  s t r a igh t  
leading edge to t h e  f u l l  circular shape of t h e  rods i n  t h e  hope of improving 
the t ransi t ion performance of  the  open leading edge. These models did reduce 
t h e  local-s t ream noise  by 50 to 60 percent ,  b u t  on ly  a t  low Reynolds numbers. 
A t  higher Reynolds numbers (Ra > 1.6  x 1 07) ,  the  n o i s e  l e v e l s  were not  appreci- 
ab le  a t t enua ted  by the  s h i e l d ,  p a r t l y  because of premature t r a n s i t i o n  i n  t h e  
boundary layers on the  rods. 
- 
T h i s  report p resen t s  a brief review of sane of the  p e r t i n e n t  t r a n s i t i o n  
results from previous vers ions of the  r ec t angu la r  sh i e ld  as well as more 
d e t a i l e d  results and ana lys i s  of t he  data obtained on a new modified vers ion  
of the rec tangular  sh ie ld .  Data were obta ined  a t  Mach 5 over  the  Reynolds 
number range of 0.5 x 1 O7 to 8.0 x 1 O 7  per meter. 
Use of t r ade  names or names of m a n u f a c t u r e r s  i n  t h i s  report does not  
cons t i t u t e  an  official  endorsement of such  products  or manufac turers ,  e i ther  
expressed or implied, by the National Aeronautics and Space Administration. 
SYMBOLS 
A amplitude of acoustic waves proport ioned to  rms pressure f l u c t u a t i o n  
C r  r e f l e c t i o n   c o e f f i c i e n t  for specific sound  energy (ref. 7) 
d rod diameter, 0.635 cm 
e hot-wire  voltage, mV 
2lTf ve 
F dimensionless  fr quency parameter, -
ue 
f frequency, kHz 
g minimum phys ica l  width of gaps  between rods, cm 
R longi tudina l   d i s tance   a long   ozz le   c n te r l ine   f ran   beginning  of 
uniform test rhombus, cm 
M Mach number 
P 
PO 
Pt, w 
P t  
R e  
%, 
RX 
R6 
r 
T 
U 
W 
X 
Y 
Z 
CL 
B 
A% 
AeT 
6 
6" 
IJ 
V 
s t a t i c  pressure 
stagnation pressure 
surface pitot pressure on rods 
pi  tot  pressure 
local Reynolds number, per  meter 
free-stream Reynolds number, per meter 
local free-stream Reynolds number based on wetted length fran 
leading edge 
local free-stream Reynolds number based on boundary-layer thickness 
nozzle radius, cm 
absolute temperature 
velocity i n  x direction 
mass flaw from hot wire, g/sec 
distance f r m  model leading edge (axial), cm 
horizontal distance normal to model centerline, cm 
vertical distance normal to model centerline, cm 
angle of attack, deg 
shock angle, deg 
hot-wire sensit ivity  to mass-flaw fluctuation 
hot-wire sensit ivity to total  temperature fluctuations 
boundary-layer thickness, cm 
boundary-layer displacement thickness, c m  
Mach angle, deg 
kinematic viscosity 
Subscripts : 
a acoustic-origin  locatio
box tes t-chamber oondi tion 
3 
e local value a t  edge of boundary layer 
ET flat-plate value 
I incident  noise 
0 stagnation  co dition 
P probe location 
P l  plenum 
PIS plenum side of rods 
R reflected  noise 
SL windward stagnation  line of rods (on side of rods facing  into 
shield interior) 
S velocity of  moving acoustic source i n  boundary layers 
T transition  location 
W value a t  surf ace 
W 
f ree-stream condition 
Superscripts : 
,., root mean square (rms) value 
- mean value 
APPARATUS AND TESTS 
The tests were  made i n  the Mach 5 pilot quiet tunnel a t  the Langley 
Research Center (refs. 8 and 9) .  Th i s  tunnel (fig. 1 (a ) )  c o n s i s t s  of a set- 
t l ing chamber, a Mach 5 axisymmetric nozzle, an open je t  tes t  sect ion w i t h i n  
a vacuum  chamber, and a diffuser section. The tunnel general layout and oper- 
ating conditions are described i n  reference 8. The  Mach 5 axisymmetric nozzle 
incorporates a boundary-layer suction slot j u s t  upstream of the throat. The 
purpose of the s lot  is to bleed off the settling-chamber turbulent boundary 
layer before it enters the nozzle so that a laminar boundary layer can  be  main- 
tained on the downstream nozzle wall to higher Reynolds  numbers (ref. 9 ) .  Haw- 
ever, for the present tests, the bleed valves were closed. The s l o t  l i p  then 
t r ips  the nozzle-wall boundary layer so that the "transition peak" (ref. 10) 
i n  the nozzle input noise occurs a t  a much lower Reynolds number, which is below 
the range of interest for these tests. 
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The rectangular rod-wall sound shield is shown mounted i n  the tunnel i n  
figure l ( a ) .  A photograph of the shield used i n  the present investigation, 
M o d  V, is shown i n  f igure l(b).  The inside walls consisted of 0.635-cm diameter 
rods with 0.1 02-cm gaps between the rods and between the rods and corner fair-  
ings as indicated i n  f igure l (c) .  The leading edge  of  each rod-wall panel was 
a sharp flat-plate segment (fig. 1 (b) ) wi th  a leading-edge thickness of less  
than 0.003 cm at  the beginning of the tests. The present rod-wall sound shield 
( M o d  V, fig. 1 (b)) differs f ran the f la t   t es t  panel and the previous model 
( M o d  IV) i n  the fairing region between the sharp flat-plate leading edge and the 
round rods. The new fairing was designed to provide a nearly constant stream- 
wise flow area between the leading-edge plate and the rods. T h i s  required that 
the rods be  machined flat at the junctions wi th  the leading edge. T h i s  f l a t  
section decreases i n  width until a t  8.3 cm downstream of the leading edge the 
rods are  cylindrical. (See fig. 8.) Surrounding the  rectangular rod-wall sound 
shield is a plenum  chamber ( f ig .  l ( c ) )  ducted to  a vacuum tank. The pressure 
rat io  of the plenum side to the flow side of the rods is thereby maintained 
a t  0.5 or less to provide sonic cross flaw i n  the gaps. The shield is mounted 
w i t h  its sharp leading edge about 0.6 cm upstream of the exit of the Mach 5 
nozzle. 
Surface pitot pressures on the rods were measured w i t h  a three-tube pi tot  
rake shown i n  figure 2(a). A traversing mechanism  was  used to move the pressure 
rake during a tes t  run. Mean free-stream pitot pressures were  measured inside 
the rod-wall sound shield w i t h  another three-tube rake. A sketch of t h i s  rake 
w i l l  be shown i n  a later figure. Free-stream pressures were  measured i n  the 
vertical center plane of the model  and i n  a horizontal plane 1 .11 cm above the 
model centerline. 
Pitot-pressure fluctuations at s i x  different stations wi th in  the shielded 
region of the model were measured on-centerline and off-centerline by the 
method  of reference 11.  The basic calibration techniques and data reduction 
procedures are also given i n  reference 1 1 .  I n  the present tests, these pres- 
sures were measured us ing  two different pitot probes containing piezoelectric 
transducers. Two 0.32-cm diameter transducers were  mounted i n  a 0.64-cm diam- 
eter probe (see f i g .  2(b)  ), and two 0.64-can diameter transducers were  mounted 
i n  a 1.28-cm diameter probe. I n  each probe one transducer  (exposed), was 
mounted i n  the probe so that it was exposed to the flow, and the second trans- 
ducer (covered) was  mounted behind the exposed transducer to measure only the 
accelerations caused by vibration of the probe (ref. 1 1 ) .  The root mean square 
(rms) pressure was obtained by subtracting the mean square of the covered- 
transducer acceleration pressure fram the mean square of the exposed-transducer 
pressure and taking t h e  square root of the difference. Thus, probe acceleration 
effects are removed fran the measurements. Low-pass f i l t e r s  of 150 kHz were 
used for  a l l  data. Specifications of the transducers used are given i n  the 
following table: 
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I I I 
probe 
f requencsy , Hz Pa d i m ,  Qp d i m ,  QP 
Resonant Resolutionra  Transducer 
(b) (b) 
0.640 
300 27.58 .635 1.280 
250 68.95 .318 .640 
250 68.95 0.318 
1  .280 300 27.58 .635 
a200 pV peak-to-peak broadband e l e c t r i c a l  n o i s e .  
hanufac turer ' s  spec i f i ca t ions .  
CCalibrated a t  1000 Hz. 
Axial vibration 
s e n s i v i t y ,  Pa/g 
Position Sens i t iv i ty , '  
Pa/mV 
(b) 
20.68 
Covered 139.3 13.79 
Exposed 140.4 13.79 
Covered 310.6 20.68 
Exposed 552.5 
- 
Hot-wire data were obtained a t  €our stations i n  the shield for 
R, - 1.5 x 1 07. The data reduction techniques and probe design were the same 
as those described i n  reference 11. 
Static pressures were measured on the flow side and the plenum side of the 
rods and i n  the gaps between selected rods. Static pressures were also mea- 
sured on the nozzle wall. Tests were conducted a t  a nominal free-stream Mach 
number  of 5 and a t  R, from 0.5 x 10' t o  8.0 x 10'. The stagnation tempera- 
ture was maintained a t  high enough levels to avoid condensation effects i n  the 
shield flaw. 
RESULTS AND DISCUSSION 
Pressure measurements were made w i t h i n  the rectangular rod-wall sound 
shield installed i n  the open-jet test section of the Mach 5 pilot quiet tunnel .  
These tes ts  were  made w i t h  the nozzle bleed valves closed; therefore, the 
nozzle-wall boundary layer was tripped and completely turbulent for 
R, > 1 . O  x lo7 (refs. 9 and 1 0 ) .  
Static Pressures 
The upper- and lower-surface rod s t a t i c  pressures on the bottun panel of 
the model,  plenum pressure, and test-section chamber pressure, a l l  normalized 
by the s t a t i c  pressure measured a t  1.8 cm upstream of the nozzle exit, are 
shown i n  figure 3. If static pressures i n  the entire plenm are uniform, 
the inviscid cross flow i n  the gaps between the rods should be sonic (see 
f i g .  3 ( a ) ) ,  since pressures i n  the plenum  were always less than 0.53  of free- 
stream s t a t i c  pressure. Sonic cross flow is desirable to reduce the plenum 
noise that may enter the internal shielded region 06 the rod-wall sound shield. 
The pressures on the bottom or the plenum sides of the rods are generally some- 
what lower than the plenum pressure except a t  the two forward stations for the 
lower unit Reynolds  numbers.  The cross flow is presumably reduced for these 
conditions and  some  plenum noise could enter the shielded flow, but  the inter- 
nal test-section flow is not greatly disturbed, as evidenced by the top- or 
flow-side rod s t a t i c  pressures (fig.3 ( b ) ) .  These pressures are nearly the 
same as the free-stream s t a t i c  pressures except for the downstream orifice 
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at x = 30.2. Figure 3(b) indicates that a pressure rise generally occurred 
between x = 20.0 and x = 30.0. This pressure rise is  believed to be caused 
by the top leading-edge shock impinging on the rod surfaces at x - 28.0, as 
will be shown later. 
The test-chamber  box pressure provides an indication of boundary-layer 
separation in the nozzle. Figure 4 presents a collection of data obtained in 
the pilot quiet tunnel with several different models over a range of  unit 
Reynolds numbers. When the static pressure at the nozzle wall exceeds free- 
stream static pressure p, then separation at that orifice has presumably 
occurred.  Thus, as shown by figure 4, if the ratio of test-chamber pressure 
to free-stream pressure is greater than approximately 2.3, then separation 
would be expected at the orifice closest to the nozzle exit. Nozzle boundary- 
layer separation is important because the corners of the leading edge are close 
to the nozzle boundary-layer edge as shown in figure 5. If separation does 
occur far enough upstream in the nozzle,  the nozzle turbulent boundary layer 
may enter  the model causing early transition in the rod-wall  sound shield and 
free-stream  disturbances. However, figure 4 indicates that no significant 
separation occurs at or upstream of the  nozzle orifice 1.28 cm upstream of the 
nozzle exit  when pbox/p, 5 3.1. Since figure 3 ( b )  shows that pbox/p, 2 2.8 
and figure 5 shows some clearance between the mean boundary-layer edge and 
the corner of the model (6 is based on pitot-pressure surveys in  ref. 7 at 
R, = 7 x lo6 to 30 x lo6),  it may be concluded that the spillage of boundary- 
layer air into the shield corners should not be a serious problem, even allowing 
for intermittency effects out to a distance from the wall of 15 percent greater 
that 6. 
Free-Stream Pitot Pressures 
A three-tube pitot rake (see sketch in  fig. 6)  was used  to measure pitot 
pressures within the rod-wall  sound  shield.  The pitot probe was installed on 
a traversing mechanism so that an axial survey of approximately 15.0 cm could 
be made during one run.  Thus, to complete the survey to x = 48.0 required 
four different runs. 
Pitot-pressure measurements with  the  rake in both  the horizontal and  ver- 
tical positions are presented im figure 6. The locations of the strong leading- 
edge shocks are  noted  in the figure. The locations of the peak pressures shown 
in figures 6(a) to 6 (c) indicate that the top-wall  and  bottom-wall shock angles 
are approximately 12.2O and 12.9O, respectively. (These angles were calculated 
from the known  tube spacing.) These Calculated shock angles do not agree with 
the angle of 1 3.1° based on the magnitude of pt/po  at the peaks. There could 
be several reasons for these discrepancies, of which probe tolerances and model 
misalignment may be mentioned. There is also evidence of rake misalignment or 
flow angularity.  For  example, if the locations of the pressure peaks from  fig- 
ure 6(a) for the centerline pitot tube are plotted versus distance,  as shown in 
figure 7 (a),  it can be seen that the bottom-wall shock and  top-wall shock do 
not impinge on the centerline tube at a common axial station. Also shown in 
figure 7 are several other points denoting the locations of  the peaks in the 
pitot-pressure distributions from figures 6(a) and  6(d). The dashed lines 
connecting these points should represent the location of the actual leading- 
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edge  shocks  and  their  downstream  reflections.  Comparison of these l i n e s  i n  f i g -  
ure  7(a)  with the long-short  dashed l ines  which are drawn through the l ead ing  
edge a t  an angle  of 13O shows aga in  that  t h e  rake may be misal igned or t h a t  t h e  
flow is n o t  symetrical. Ext rapola t ion  of t h e  d a s h e d  l i n e s  forward i n d i c a t e s  
t h a t  t he  top- and bottom-wall leading-edge shocks may be s t ronge r  a t  t h e  l e a d i n g  
edge t h a n  f u r t h e r  downstream. On the  o the r  hand, t h e  peak pressure p o i n t s  from 
figure 6 (d) (with the rake hor i zon ta l )  shown i n  f i g u r e  7 ( b )  f a l l  almost e x a c t l y  
on  the  13O l i nes ,  i nd ica t ing  ve ry  l i t t l e  flow asynnnetry or misalignment prob- 
lems for t h e s e   p a r t i c u l a r   d a t a .  The pi tot  su rveys   ( f ig .  6) show t h a t  t h e r e  is 
a core region (2.5-cm square)  of  re la t ive ly  undis turbed  flow over  an a x i a l  dis-  
tance  of about 16.0 cm s t a r t i n g  a t  x - 22.0. The p res su re  p e a k s  a t  x = 48.5 
( f i g s .  6 ( a )  to 6 (c))  occur because a shock d i s tu rbance  is generated a t  the  junc-  
t i o n  of the rods and t h e  rear f l a t  plate (x = 33.3) . 
Comparisons of t h e  l o c a t i o n s  of the  peak p r e s s u r e  p o i n t s  for the  bottom- 
wall shock i n  f i g u r e s  6 ( a )  t o  6 ( c )  i n d i c a t e  tha t  t h i s  shock moves downstream 
s i g n i f i c a n t  d i s t a n c e s  wi th  increasing Reynolds  number.  The side-wall shocks 
( f i g s .  6 ( a )  to 6 ( f ) )  also appear to s h i f t  downstream somewhat w i t h  i nc reas ing  
Reynolds number.  The topwall  shock r ema ins  e s sen t i a l ly  a t  a f ixed  loca t ion .  
These shock movements may be caused by changes i n  s u c t i o n  flow rates over  the  
forward por t ions  of the  rod-wall   panels.   There is a d d i t i o n a l  i n d i r e c t  e v i d e n c e  
from f i g u r e  3 of inc reases  in  suc t ion  f low rates wi th  inc reas ing  R, i n  t he  
forward region of t h e  bottan panel.  T h i s  f i g u r e  shows t h a t  t h e  pressure ratio 
across the  rods (ppls/psL) a t  the  forward orifice decreases from about 1.0 a t  
R, - 1.0 x 1 O7 to about  0.4 a t  the highest  Reynolds  number. Thus, a t  t he  lower 
Reynolds  numbers, s u c t i o n  flow rates may be q u i t e  small b a c k  to 10.0 cm from 
the leading edge,  a t  least on the  bottom panel. 
T r a n s i t i o n  
F igure  8 shows a top view of t h e  bottom panel .  The p r o j e c t e d  l o c a t i o n  of 
the  leading-edge shocks wi th  B = 13.1 (based  on  data  of f ig .   6)   and also the  
leading-edge Mach l i n e s  (p = 11.8O) are shown.  The a c t u a l  i n t e r s e c t i o n  locus 
of the side-wall shocks w i t h  t h e  bottom panel  would be s l i g h t l y  g r e a t e r  t h a n  
13. lo, as ind ica t ed  by t h e  sketch i n  f i g u r e  9 which shows t h e  estimated shock 
s t ruc tu re  in s ide  the  sh i e ld ,  a s suming  " regu la r  r e f l ec t ion"  of the  i n t e r s e c t i n g  
shocks  in  the  co rne r s  based  on  r e su l t s  from re fe rence  12. Also shown i n  f i g -  
u re  8 is an approximate  locus  of the "acous t i c  o r ig ins"  ( r e f .  1 1 )  on the panel  
for a t y p i c a l  probe l o c a t i o n  a t  xp = 33.0 on  the model c e n t e r l i n e .   T h i s   l o c u s  
is a hyperbola which is t h e  i n t e r s e c t i o n  of a Mach cone w i t h  the  pane l  sur -  
face wi th  the  ve r t ex  of the cone a t  t h e  probe t i p  o n  t h e  s h i e l d  c e n t e r l i n e  a t  
xp = 33.0. Note also tha t  t he  rods  are numbered i n  f i g u r e  8. 
The l o c a t i o n  of t r a n s i t i o n  on the  top of t h e  rods as i n d i c a t e d  i n  f i g u r e  8 
was determined from sur face  p i to t  data. Typical d i s t r i b u t i o n s  of pt,w/po 
along rods 1 to 6 and  rod 8 are shown i n  f i g u r e  79. The approximate  loca t ions  
of the  p re s su re  r ise due to t h e  leading-edge shocks are i n d i c a t e d  i n  t h i s  f i g -  
ure. The l o c a t i o n  of t rans i t ion ,   denoted  by the   c rossha tched  areas, is taken 
as the region where the su r f  ace pitot pressure  begins  to  inc rease  w i t h  increas-  
i ng  downstream d i s t ance ,  bu t  is genera l ly  outs ide  reg ions  inf luenced  by t h e  
leading-edge  shocks,  except  on  rods 4 and 8. Also, careful   examinat ion of 
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figure 10 indicates  the  location  of  the  leading-edge  shocks  is  not  noticeably 
affected  by  unit  Reynolds  number,  whereas  the  designated  location  of  transition 
generally  moves  forward  with  increasing  unit  Reynolds  number  except on rod 1 
for R, 2 1.6 x lo7. It  is  clear  that  the  surface  pitot  technique  is  subject 
to  uncertainties  in  the  present  application  due  to  the  very-thin  boundary 
layer,  the  small  radius  of  the  rods,  the  presence  of  leading-edge  shocks,  and 
other  flaw  disturbances.  Nevertheless,  it  may  be  concluded  that  transition 
did  not  occur on the  rods  for %, 5 1 . O  x 1 07, the  lowest  value  of  the  unit 
Reynolds  number.  At R, = 1.6 x 1 07, transition  moved  ahead  of  the  acoustic- 
origin  locus  for x = 33.0 on rod 6 (figs. 8 and  lO(f)),  whereas at 
R, = 2.4 x 1 O7 and 9.9 x 1 07, transition  moved  ahead of this  acoustic-origin 
locus  on  rods 4, 5, 6, and 8. (The  acoustic-origin  locations  for xp = 33.0 
are  also  shown  in  figure 10.) 
A cross  plot  of  the  data  of  figure 10 is shown  in  figure 11. Again  in 
reference  to  figure 8, note  that  the  acoustic-origin  locus  for  the  fluctuating 
pitot  probe  on  the  model  centerline  at  xp = 33.0  intersects  the  rods  at  vary- 
ing  distances  from  the  leading  edge.  If  the  surface  pitot  pressure  measured 
at  these  acoustic-origin  locations  xa  for  each  rod is plotted  versus  unit 
Reynolds  number,  then  figure 11  is  obtained.  Data  values  for  rod 2 are  not 
shown  because  they  coincided  with  those  of  rod 3. Transition  occurs  on  rods 4, 
5, 6, and 8 for R, - 1.5  to 1.8 x 1 O 7  for  the  acoustic-origin  locations  cor- 
responding  to  this  probe  location.  Thus,  if  transition  in  the  rod  boundary 
layers  along  the  top  of  the  rods  contributes  to  the  noise  levels  in  the  shield, 
then  the  noise  level  measured  at  this  probe  location  may  be  expected  to 
increase  over  this  range  of  unit  Reynolds  numbers.  The  noise  measurements 
(fluctuating  pressure)  will  be  presented  in  the  next  section  of  this  report. 
The  results  of  using a hot-wire  probe  in  the  boundary  layer on the  cen- 
ter  rod  of  the  test  panel  with  Mod IV are  presented  in  figure  12.  The  high 
rms  voltage  levels  on  Mod IV indicate  early  transition  to  turbulent  flow  and 
the  much  lower  levels  on  the  test  panel  indicate  laminar  flow  to  at  least 
x = 45.0. The  leading-edge  configuration  for  Mod IV was  essentially  the  same 
as  that  for  the  test  panel  (refs. 4 to 6). The  sharp  flat-plate  section  on 
these  models  was 3.8-cm long,  and  this  flat  section  was  followed  by a 3.0-cm 
long  fairing  contoured  into  the  gaps.  However,  the  surface  finish on Mod IV 
was  not  as  smooth  as  that  on  the  test  panel.  In  figure 13, transition  loca- 
tions  from  the  surface  pitot  data on rods l, 4, and 6 of  the  present  rod-wall 
sound  shield  (Mod V) ace  compared  with  flat-plate  data  and  with  data  from  the 
test  panel  (refs. 4 to 6) and  earlier  versions  of  the  rectangular  rod-wall 
shield  (Mod I11 and  Mod IV). The  flat-plate  leading-edge  section  of Mod I11 
had  the  same  cross-section  dimensions  as  Mod IV (see  fig. 5) but  was  only 
0.63-cm  long  (in  the  streamwise  direction)  followed  by a short  fairing  of 
1.9 cm into  the  gaps  between  the  rods.  Possible  causes  of  the  early  transition 
on the  rectangular  model  (Mod 111, Mod IV, and  Mod V) compared  with  that on the 
test  panel  are  low  suction  flow  rates  near  the  model  leading  edges  (see  section 
"Free-Stream  Pitot  Pressures"),  leading-edge  shock  interference,  the  leading- 
edge  fairing  and  roughness  effects  (Mod IV), cross-flow  instability  on  the 
rods  (ref. 6), and  instability  of  the  boundary  layer on the  top  of  the  rods 
(treated  by  analogy  with  linear  flat-plate  amplification).  Both  the  cross-flow 
instability  and  flat-plate  type  instability  could  be  affected  by  the  different 
boundary-layer  thicknesses  on  the  rods  in  the  rectangular  model  and  the  test 
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panel  and  the  different  noise  spectra  in  the  pilot  quiet  tunnel  (refs. 8 to 10) 
and  the  Langley  20-Inch  Mach 6 Tunnel.  These  different  boundary-layer  thick- 
nesses  and  noise  spectra  will be discussed  in a later  section  of  this  report. 
Another  factor  involved  in  the  different  transition  results  for M o d  V and 
the  test  panel  that  must be considered  is  "cross-stream  contamination"  from  rod 
to  rod  as  influenced  by  the  leading-edge  shocks  for M o d  V. Thus,  figure 8 
shows  that  transition  for R, 2 2.4 x 1 O 7  on rods 5 and 6 is ahead  of  the 
leading-edge  shocks  but  at  the  same x location  as  on  rod 4, where  transition 
has  moved  forward  to  the  shock  location.  However,  for  the  same  Reynolds  number 
range,  transition  on  rods 2'and 3 is always  farther  from  the  leading  edge  and 
downstream  of  the  shock  location.  Hence,  it  may  be  speculated  that  the  shock 
disturbance  was  of  just  sufficient  strength  to  move  transition  up  to  the  shock 
location  on  rod  4,  and  that  because  this  shock  had  greater  destabilizing 
effects on  rods 5 and 6 than  on  rods 2 and 3 (because  of  the  larger  downstream 
distances  of  the  shock  locations  on  rods 5 and 6), transition  moved  ahead  of 
the  shock  locations on rods 5 and 6 due  to  cross-stream  contamination  from 
rod 4. There  would  have  to be a cross-stream  contamination  mechanism  between 
rods 4, 5, and 6 that  would  be  enhanced  by  the  downstream  shocks.  Involved  in 
the  cross-stream  contamination is the  observed  result  (ref. 6) that  transition 
occurs  in  the  gaps  upstream  of  transition  on  the  top  side  of  the  rods  based n 
comparisons  of  heat-transfer  data  along  the  stagnation  line (or top  side)  of 
the  rods  with  noise  data  in  the  flow  field  of  the  flat  test  panel.  This  phe- 
nomenon  probably  also  occurs  in  the  present  model  and  would  help  accounts.  for 
the  increased  noise  levels  at  higher  Reynolds  numbers  and  large x stations 
(discussed  in a later  section). 
Transition on rod 1 (figs. 8 and 10 (a))  may  be  controlled  by a different 
mechanism  since  it is fixed  at x - 11 . O  for R, h 1.6 x 1 07. This  mechanism 
is  probably  related to the  corner  vortices  that  would  form  due  to  the  intersec- 
ting  shocks  as  sketched  in  figure 9. 
Fluctuating  Pitot-Pressure  Measurements 
The  fluctuating  pitot  pressures  in  the  flow  field  of  the  rod  model  were 
measured  with  0.64-cm  diameter  and  1.28-cm  diameter  pressure  probes  described 
previously.  Typical  data  from  the  two  probes  expressed  as  the  square  of  the 
rms  pitot  pressure  normalized by  the  mean  pitot  pressure  plotted  against 
unit  Reynolds  number  are  given  in  figure  14.  For  the  0.64-cm  diameter  probe 
(fig.  14(a) 1 ,  the  exposed  and  covered  transducers  follow  the  same  trends. At
low  Reynolds  numbers  the  transducer  measurements  are  fairly  large,  with  the 
exposed  transducer  being  an  order  of  magnitude  larger  than  the  covered  trans- 
ducer.  With  increasing  Reynolds  number  the  measured  values  decrease  up  to 
about R, - 1.7 x 1 07; then  both  transducers  show  increasing  values,  but  now 
the  covered  transducer  value  tends  to  approach  that  of  the  exposed  transducer. 
As  can  be  seen,  significant  errors  may  be  incurred  above R, - 2 x lo7 as  the 
values  of  the  exposed and covered  transducer  approach  each  other.  For  the 
1.28-cm  diameter  probe  (fig.  14(b)),  the  normalized  signal  from  the  covered 
transducer  increases  with  unit  Reynolds  number  but  is  always  nearly  an  order 
of  magnitude  below  the  exposed  value.  For  this  larger  probe,  the  errors  due 
to  probe  vibrations  are  much  smaller  than  for  the 0.64" diameter  probe. 
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A schematic side view of t h e  s h i e l d  mounted a t  t h e  e x i t  o f  t h e  Mach 5 
nozzle  is shown i n  f i g u r e  15. The sh ie lded  reg ion  is donwstream  of t h e  shield 
leading-edge  shocks,  and  four typical probe s t a t i o n s  a t  x = 22.9,  27.9,  33.0, 
and 38.1 are des igna ted  by p o i n t s  1 through 4 o n  t h e  s h i e l s  c e n t e r l i n e .  Accord- 
ing  to present  theory  on  noise  propagat ion  and  re f lec t ion  in  supersonic  sh ie lds  
(ref. 7 ) ,  t h e  local-stream no i se  a t  any of t h e s e  s t a t i o n s  would cons i s t  mos t ly  
o f  no i se  o r ig ina t ing  a t  or reflected from corresponding regions on the shield 
wall. These  regions are also des igna ted  by p o i n t s  1 through 4 on the  bottom 
panel ,  but  here  they are shown near  the average streamwise l o c a t i o n  of the  cor- 
responding  acoust ic-or igin loci. (See f i g .  8. )  The reflected n o i s e   o r i g i n a t e s  
upstream in the nozzle ,  and here  again,  for  the purpose of d iscuss ion ,  the  cor- 
responding points  on the  nozz le  cen te r l ine  can  be considered as the approximate 
c e n t e r s  of  reg ions  where  representa t ive  " input"  noise  leve ls  would be measured. 
A l l  data shown i n  f i g u r e  15  are for R, - 1.5 x 1 O7 and are expressed as t h e  
ratios of rms p i t o t  pressures to mean pi tot  pressures. (The hot-wire data were 
converted to t h i s  form  by t h e  method  of ref. 11 .) Some of the  apparent  scatter 
i n  t h e  n o z z l e  data is caused by sha rp  p e a k s  i n  n o i s e  l e v e l s  f o c u s e d  a l o n g  t h e  
cen te r l ine   i n   t he   ax i symmet r i c   nozz le   ( r e f .  1 0 ) .  Downstream of t h e  n o z z l e  e x i t ,  
t h e r e  is less scatter i n  t h e  n o z z l e  data and  the  sh i e ld  no i se  l eve l s  are about 
40 to 80 percent  of t h e  local n o z z l e  n o i s e  l e v e l s  t h a t  would have been measured 
a t  t h e  s h i e l d  s t a t i o n s  w i t h o u t  t h e  s h i e l d  i n  p l a c e .  Hawever, i f  w e  consider  
the  nozz le  " input"  noise  as the  l e v e l s  measured a t  the corresponding upstream 
nozz le  center l ine  reg ion ,  it is clear t h a t  much less a t t enua t ion  o f  t h i s  i npu t  
noise   has  occurred. The l i n e  labeled "Laminar f lat-plate p red ic t ion"  is based 
on the  f a i r e d  dashed l i n e  of  nozzle  input  noise  levels  indicated and the shield 
theory  of r e fe rence  7 w i t h  a r e f l e c t i o n  c o e f f i c i e n t  of C r  = 0.36, which is 
a mean value from laminar f lat-plate data a t  the  appropriate va lues  of Mach num- 
ber and  boundary-layer  thickness  Reynolds number (See f i g .  1 O(b) of r e f .  7.)  
Since  the  sh ie ld  noise  leve ls  measured  wi th  the  hot  wire are above t h i s  pre- 
dicted l e v e l ,  t h e r e  may be addi t iona l  sources  of  no ise  associated wi th  t r ans i -  
t i o n  on the  rods, wi th  j i t t e r ing  shock le t s  i nc lud ing  the  l ead ing -edge  shocks ,  
or w i t h  o the r  poss ib l e  sources such as corner   d i s turbances .  The pitot-probe 
data are s i g n i f i c a n t l y  lower than the  hot-wire data for x > 28 par t ly   because  
of  the smaller response  of  the pi tot  probe a t  high frequencies .  Note t h e  corre- 
sponding nozzle  input  data as measured with t h e  pitot probe are also lower than 
the hot-wire data. 
The normalized rms pitot pressures  measured with the two probes over  the  
test range of uni t   Reynolds  number f o r  x = 25.4,  27.9,  30.5,  33.0,  35.6, and 
38.1 are shown i n  f i g u r e  16. The cross-gatched  regions are the  approximate 
nozz le   i npu t   no i se   l eve l s   ( r e f .  10)  as defined  above.  Thus,  for  example, a t  
x = 35.6 ( f i g .  1 6 ( e ) ) ,  t h e   s h i e l d   n o i s e   l e v e l s  are e s s e n t i a l l y   t h e  same as t t e  inpu t  no i se  from R, = 9.0 x 1 O 6  to 2.0 x 1 07, where  an  increase  in  noise  
l e v e l s  is observed. The s u r f a c e  pitot  data ( f i g s .  8 and 10) i n d i c a t e  t h a t  
t h i s  i n c r e a s e  i n  n o i s e  may be caused by t r a n s i t i o n  moving forward to about  
x, = 15.0 to 17.0, a t  least on   the   cen ter  rods. A t  xp = 33.0 ( f i g .  1 6 ( d ) ) ,  
t h i s  rise occurs  a t  R, - 2.5 x 1 O7 which  again is cons i s t en t  w i th  the  picture 
of  t rans i t ion  behavior  wi th  respect to the  acous t ic -or ig in  loci from the sur- 
f a c e  pi tot  data ( f i g .  8)  for rods 4,  5 and 6. T h i s   i n c r e a s e   i n   n o i s e   l e v e l  
(grea te r  than  nozz le  input  no ise) ,  as measured wi th  the  0.64-an diameter probe, 
is observed a t  a l l  on -cen te r l ine  s t a t ions  excep t  xp  = 38.1 ( f i g .  1 6  ( f )  ) f o r  
which t h e  rod-wall model no i se  is apparent ly  roughly  equal  to the  nozz le  inpu t  
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no i se  a t  a l l  Reynolds  numbers. Figure  16(b)  shows t h e  r e s u l t s  o f  t h r e e  dif-  
f e r e n t  attempts to o b t a i n  d a t a  a t  xP = 27.9. Some of   these data show a s l i g h t  
no ise  reduct ion  b u t  t h e  majority of  the data a g a i n  i n d i c a t e  a no i se  inc rease  
above R, = 2 x 107. 
A l s o ,  shown i n  f i g u r e  1 6  are data obta ined  by us ing  the  1.28-cm diameter 
probe. For t h e  f i r s t  t h r e e  probe s t a t i o n s ,  t h e  1.28-cm diameter probe data 
are lower than  the  0.64-cm diameter probe d a t a .  T h i s  r e s u l t  may be d u e  p a r t l y  
to t h e  l a r g e r  v i b r a t i o n  errors i n  t h e  s m a l l  p r o b e  a t  the forward s ta t ions where 
the  p robe  s t ing  suppor t  was longer.  However, the  response  of t h e  l a r g e r  probe 
to the  h igh  f r equenc ie s  ( sma l l  scale) o f  t h e  r e f l e c t e d  i n p u t  n o i s e  is c e r t a i n l y  
no t  as good as t h a t  of t h e  small probe. The response of the hot-wire probe 
to the  h igh  f r equenc ie s  is b e t t e r  t h a n  e i t h e r  pitot  probe.  This  better  high- 
frequency response probably accounts for the  h ighe r  no i se  l eve l s  ob ta ined  from 
the  ho t  wire compared wi th  the  pitot-probe l e v e l s  shown i n  f i g u r e  1 5  for 
xp > 32.0. 
The f l u c t u a t i n g  p i t o t - p r e s s u r e  probe was also placed o f f  t h e  c e n t e r l i n e  
and a complete set of data over  the same ranges of Reynolds  numbers  and  xp 
as wi th  the  probe on  the  cen te r l ine  are p r e s e n t e d  i n  f i g u r e  17.  Comparison of 
these  da ta  wi th  the  on-center l ine  data from f i g u r e  1 6  shows g e n e r a l l y  similar 
t r ends  and l eve l s  i n  no i se .  Whi l e  the  scatter i n  b o t h  sets of data is qui te  
l a r g e ,  t h e  n o i s e  f i e l d  i n t e n s i t i e s  do no t  appear to va ry  g rea t ly  wi th  y or 
z, so any s t rong  cen te r l ine  focus ing  of t h e  n o i s e  f i e l d  does not  occur. 
E f f e c t  of Noise Input Frequencies on Attentuation of Reflected Noise 
The sound-forcing  theory  of Mack ( r e f .  13 )  for a f l a t  plate a t  M, = 4.5 
was applied to the s tagnat ion-l ine f low on the rods of t h e  f l a t  test  panel  and 
the rectangular  sound-shield model by equat ing the boundary-layer  thickness  
Reynolds number i n  t h e  f l a t - p l a t e  c a l c u l a t i o n  to t h a t  of t h e  rods a l o n g  t h e i r  
s t agna t ion  l i ne .  The laminar  boundary-layer  thickness  on  the rods was obta ined  
with  the  computer code of  reference 1 4. I n  t h i s  c a l c u l a t i o n ,  t h e  f l o w  o n  t h e  
rods is assumed to be  the same as on swept i n f i n i t e  c y l i n d e r s .  The v e l o c i t y  
d i s t r ibu t ion  a round  the  rods normal to  the i r  axes  ( in  the  "chordwise"  direc- 
t i o n )  was based on pressure data and theory  of r e fe rence  4 corrected for t h e  
d isp lacement - th ickness   e f fec t  as described i n  r e f e r e n c e  5. Typical results of 
t h e s e  c a l c u l a t i o n s  are shown i n  f i g u r e  18 fo r  t he  cond i t ions  o f  t he  r ec t angu la r  
sound-shield model, which are M, = 5.0, g/d = 0.1 6, Tw/To = 0.88,  and 
d = 0.635. The boundary layer is t h i cke r   a long   t he   s t agna t ion   l i ne  (top) of   the  
rods than  in  the  gaps .  I t  is o f  i n t e r e s t  to no te  tha t  t he  gap  is f i l l e d  w i t h  
boundary  layer a t  R, < 5 x l o 6  which is near  the  lower end of the range of 
p resen t  test condi t ions.  
The computed resu l t s  for  the  boundary- layer  th ickness  on the  s t agna t ion  
l i n e   ( w i t h   t h e  6* cor rec t ion   i nc luded)  are represented  by the   cu rve - f i t  
equa t ion  
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or i n  terms of the boundary-layer 
R = 8.67Rw0*414 
6 SL 
thickness Reynolds number where  g = 0.1  02, 
(2 )  
S i m i l a r l y ,  f o r  t h e  f l a t  test panel  wi th  the  condi t ions  M, = 6 .0 ,  a = 1 Oo, 
M, = 4.7,  g/d = 0.16,  Tw/To = 0.62, and d = 0.635, computed r e s u l t s   g i v e n  
i n   r e f e r e n c e s  4 and 5 have  been ad jus t ed  to inc lude  a 6* cor rec t ion .  The 
boundary layer thickness Reynolds number is then given by t h e  r e l a t i o n  
Thus, a t  t h e  same uni t  Reynolds  number, t h e  computed boundary-layer thickness 
in  the  p re sen t  r ec t angu la r  rod-wall sound-shield model is about 13 percen t  
t h i c k e r  t h a n  o n  t h e  f l a t  test  pane l .  This  th icker  boundary  layer  in  the  rec- 
tangular  model is due p a r t l y  to the higher  local Mach number, but  t h e  main 
cause is the  higher   value of Tw/To. 
The boundary-layer thickness Reynolds number f o r  a f l a t  plate wi th  the  
condi t ions  to be used here (adiabatic wall and M, = 4 .5 )  from t h e  c a l c u l a t i o n s  
of Mack (ref. 13) as well as the  data of  Kendall  (private  communication w i t h  
J. M. Kendall ,  Jet  Propulsion  Laboratory,   Pasadena, CA) is 
Thus, for a given R, i n   t h e  rod-wall tests, a n   e q u i v a l e n t   f l a t - p l a t e  Reynolds 
number is found by equat ing  R , equat ions  ( 2 )  or ( 3 ) ,  to  R , equat ion  ( 4 )  
6SL 6, 
New ca lcu la t ions  provided  by Mack (ref. 13)  for t h e  amplitude of the  
reflected wave normalized by t h e  amplitude of the  inc iden t  wave are compared 
wi th  narrow-band experimental  data of Kendall  (private communication) in fig- 
u r e  19.  The source speed used i n  t h e  c a l c u l a t i o n s  was 65 percen t  of free-stream 
v e l o c i t y  and the wave-obliqueness angle was zero. The data were o b t a i n e d  i n  
t h e  same way as described for the  f requency  response  resu l t s  of re ference  15 
excep t  t ha t  he re  the  wire used to o b t a i n  A was j u s t  outside the  boundary  layer 
a t  the local x  whereas  the other wire used to o b t a i n  A, was i n  t h e  free 
stream s l igh t ly  ahead  of and below t h e  p l a t e  l e a d i n g  e d g e ,  j u s t  as i n  r e f e r -  
ence 15. The f i l l e d  data p o i n t s  of f i g u r e  19 r ep resen t  data for which t h e  cor- 
responding free-stream l e v e l s  were not  measured. Each of t h e  sets of po in t s  has  
been j o i n t l y  m u l t i p l i e d  by a f a c t o r  so as to br ing  it to t h e  l e v e l  of o the r  
measurements i n  t h e  o v e r l a p p i n g  Rx r a n g e  f o r  which t h e  stream l e v e l  was known. 
For the   p re sen t  purposes, the  ratio of A/A, is e s s e n t i a l l y  t h e  same as the  
ratio of t h e  rms reflected no i se  to rms inc ident   no ise .  (See r e f s .  1 3  and 1 5 . )  
Thus, both the theory and data i n  f i g u r e  19 show t h a t  n o i s e  r e f l e c t e d  from a 
laminar  f la t -p la te  boundary  layer  is a t tenuated ,  or reduced, below t h e  i n c i d e n t  
n o i s e  l e v e l  b u t  to an e x t e n t  t h a t  is highly dependent  on the frequency and the 
Reynolds number.  The frequency parameter F i n   f i g u r e  1 9  is def ined  as 
1 3  
or, if  you solve for f ,  
So for  given wind-tunnel  condi t ions,  the required frequency can be found. 
The in tens i ty  of  the  re f lec ted  noise  depends  on  boundary- layer  th ickness ,  the  
incident-noise  wavelength,  and  presumably, to sane extent ,  on the boundary-layer  
profile shapes. However, i n  t h e  absence of more complete c a l c u l a t i o n s  or data, 
it is assumed t h a t  t h e  p r o f i l e  s h a p e s  i n  t h e  windward reg ion  of t h e  rods are 
t h e  same as t h e  f lat-plate p r o f i l e s .  
Appl ica t ion  to t-e-st. pa-n.e.1.- The theory and data f r m   t h e   f a i r e d   c u r v e s  
of f igure 19 were applied to t h e  tes t  panel  as described previous ly  and  the  
r e s u l t s ,  i n  terms of  the  ratio of  the  rms reflected no i se  to t h e  rms i n c i d e n t  
no i se  as a func t ion  of frequency a t  var ious  unit Reynolds  numbers, are presented  
i n  f i g u r e  20. Thus, t he  theo ry  predicts tha t  t he re  shou ld  be  a t t enua t ion  o f  
reflected no i se  a t  f r equenc ie s  below abou t  40 kHz ( f ig .  20(a) ) ,  whereas  the  da ta  
i n d i c a t e  t h a t  t h e  rod-wall test pane l  shou ld  a t t enua te  no i se  a t  f r equenc ie s  
below approximately 80 kHz ( f ig .  20(b)  ) a t  t h e  t h r e e  l a r g e s t  values of u n i t  
Reynolds numbers. 
A typical frequency spectrum of the free-stream noise measured with a 
0.64-cm diameter fluctuating-pitot-pressure probe  on  the  cen te r l ine  o f  t he  
Langley  20-Inch Mach 6 Tunnel for R, = 1.6  x 1 O 7  is p r e s e n t e d  i n  f i g u r e  21. 
From t h e  upper frequency limits f o r  n o i s e  a t t e n u a t i o n  f r o m  f i g u r e  20, f i g u r e  21 
i n d i c a t e s  t h a t  a s i g n i f i c a n t  part of t he  no i se  in  the  tunne l  shou ld  be a t tenu-  
ated by using a rod-wall sh ie ld  in  agreement  wi th  measured no i se  data on  the  
f l a t  test panel   ( re fs .  4 to 7 ) .  To show t h a t  t h e  spectrum of figure 21 i s  no t  
p e c u l i a r  to t h e  wind tunne l  or instrument,  a spectrum from t h e  J P L  20-inch con- 
t inuous  flow tunnel  taken from reference 15  is shown i n  f i g u r e  22.  The a t tenu-  
a t i o n  limits f rom f igure  20 are no ted  in  f igure 22 and  the  conc lus ion  tha t  a 
s i g n i f i c a n t  part of the free-stream noise energy should be a t t e n u a t e d  by a rod- 
wall s h i e l d  similar to t h e  test  panel  is also v a l i d  i n  t h e  JPL tunne.1. 
Application. to r ec t angu l -aGound  sh ie ld . -  F igu re  23 was d e r i v e d  i n  t h e  same 
way as f i g u r e  20 b u t  equat ion  (2 )  was used ins t ead  o f  equa t ion  ( 3 ) .  Appl ica t ion  
of- the  theo ry  ( f ig .  23 - (a)  ) i n d i c a t e s  t h a t  t h e  r e c t a n g u l a r  rod-wall sound s h i e l d  
could be e f f ec t ive  in  r educ ing  no i se  l eve l s  p rov ided  the  f r equenc ie s  of t h e  
inpu t  no i se  are below about 30 kHz. Applicat ion of  Kendal l ' s  data to t h i s  pro- 
blem ( f i g .  20 (b)) shows tha t  a t t enua t ion  o f  t he  r e f l ec t ed  no i se  shou ld  occur  a t  
input   f requencies  below abou t  50 kHz f o r  R, 5 3.1 x Unfortunately,   f ree-  
stream n o i s e  spectra i n  the rapid-expansion Mach 5 nozz le  ( f igs .  24 and  25) 
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show  that  there  is  considerable  energy  present  in  the  upstream  input  regions 
of  this  nozzle  above  these  frequencies.  Hence,  it  can be concluded  that  over- 
all  attenuation  of  the  reflected  noise  in  the  rectangular  rod  model  would be 
considerably  less  than  for  the  test  panel  due  to  the  high  frequencies  of  the 
nozzle  input  noise  from  the  Mach  5  nozzle. 
Noise  Spectra  in  the  Shielded  Region 
Typical  spectra  obtained  with  the  fluctuating-pitot-pressure  probes  on 
the  model  centerline  at  several x stations  and  Reynolds  numbers  are  shown  in 
figure  26.  In  all  cases  the  lower  trace is from  the  covered  transducer,  which 
responds  only  to  vibration  of  the  probe.  (See  ref. 11 for  details  of  probe 
construction  and  calibration  procedures.)  The  ordinate is the  normalized  mean 
square  output  of  the  transducers  in  terms  of (&/j&)2.
Figure  26(a)  was  obtained  with  the  0.64-cm  diameter  probe  at  six  different 
x  stations  for R, - 1 .5 x 1 07. At  frequencies  below 10 kHz,  the  probe  accel- 
eration  or  vibration  contribution is large  and  tends  to  dominate  the  exposed- 
or  flow-transducer  output  except  for  a  peak  of  f - 2  kHz,  which  evidently  orig- 
inates  in  the  upstream  nozzle  flow  as  shown  by  the  prominent  peak  of  f Q 2 kHz 
in  figure  25.  The  hot-wire  spectra  (fig.  24) do not  show  any  evidence  of  a 
peak  at  this  low  frequency.  Another  flow-related  peak is evident  in  fig- 
ure  26(a)  at  f (* 22  kHz  which is also  present  in  the  nozzle  flow  (fig.  25). 
A  significant  increase  in  energy  between  30  and 40  kHz is evident  for x 2 30.5. 
The  "tail"  of  the  spectra  for  f > 40  kHz  also  appears  to  increase  with 
increasing  x  beyond  30.5  cm.  These  last  two  effects  are  caused  by  increases 
in  shield-noise  properties  that  are  related  to  transition  and  the  development  of 
turbulent  boundary-layer  flow on the  rods  at  the  larger  x  stations  as  discussed 
previously  and  as  shown  by  the  hot-wire  data  in  figure 15 and  the  flagged  sym- 
bols  in  figure 1 6.  These  flagged  symbols  are  the  rms  values  corresponding 
the  same  runs  as  for  the  spectral  data  of  figure  26(a). 
Figure  26(b)  shows  the  spectra  from  the  0.64-cm  and  1.28-cm  diameter 
probes  at  x = 33.0  and R, 1 .5 x 107.  While  the  relative  vibration  levels 
for  the  larger-diameter  probe  are  much  smaller  than  for  the  small  probe,  the 
flow  disturbances  for  f > 20  are  not  detected  by  the  large  probe.  It is 
obvious  that  the  large  probe  cannot  respond  to  spectral  details  or  levels  at 
higher  frequencies. 
Figure  26(c)  shows  variations  of  the  spectra  with  Reynolds  number  at 
x = 33.0 as  measured  with  the  0.64-an  diameter  probe.  The  rms  values  corre- 
sponding  to  these  runs  are  plotted  as  flagged  symbols  in  figure  16(d).  The 
large  increases  in  energy  with  increasing  Reynolds  number  for R, > 2.33 x 1 O7 
are  again  caused  to  a  considerable  extent  by  increases  at  the  higher  frequen- 
cies  from  about  30  kHz  to 80 or 90 kHz.  At  the  highest  Reynolds  number  of 
5.4 x 1 07, an  increase  in  energy  around  f = 70 is  apparent.  These  increases 
in  energy  with  increasing  Reynolds  number  at  high  frequencies  are  definitely 
caused  by  turbulent  flow on the  rods  since  no  corresponding  increases  occurred 
in  the  nozzle  rms  noise  input  values.  (See  fig.  2,  ref. 10.)  
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Hot-wire  Mode  Diagrams and Source  Velocities 
Hot-wire  data  in  this  report  have  been  provided  by  John  B.  Anders,  Jr.,  of 
Langley  Research  Center.  Hot-wire  mode  diagrams  with  the  probe  set on the 
model  centerline  are  shown  in  figure 27. The  variables  used  are  well  known  (see 
ref. 11, for  example)  and  will  not  be  discussed  here  except  to  point  out  that a
straight  line  with a positive  slope  and  positive  intercept  indicates  that  the 
dominant  disturbances  are  acoustic  waves  radiated  from  moving  sources.  The 
slopes  of  the  straight  lines  are  the  rms  mass-flow  fluctuations m/fi. The  pres- 
sure-fluctuation  levels  are  approximately  proportional  to %/a as  indicated  by 
comparing  the  values  of st/& listed  in  the  figure  with  the  apparent  slopes  of 
the  faired  lines.  Thus,  it  is  clear  that a significant  increase  in  noise  level 
has  occurred  between x = 27.9 and x = 33.0. This  increase  in  noise  is  pre- 
sumably  caused  by  transitional  and  turbulent  flow on the  rods  and  in  the  gaps 
that  would  have  moved  up  to or ahead  of  the  acoustic  origin  for  the  .probe  at 
x = 33.0 on  rods 1 and 6. (See  fig. 8 and  previous  discussion  in  "Transition" 
section.)  These  hot-wire  data  are  plotted in  figure 15 and  the  noise  levels 
for x 2 33.0 are  considerably  higher  than  the  pitot  data  in  that  figure. 
Unfortunately,  hot-wire  spectra  were  not  obtained,  but  these  higher  noise  levels 
from  the  hot-wire  data  may  be  attributed  at  least  partly to the  increases 
in  energy  at  high  frequencies  associated  with  turbulent  flow  on  rods  as  dis- 
cussed  previously  and  the  inherent  capability  of  the  hot-wire  probe  to  respond 
more  correctly  to  the  higher  frequencies  as  compared  with  the  pitot-pressure 
probe.  This  better  response  of  the  hot  wire  is  due  not  only  to  the  smaller 
physical  size  of  the  probe  itself  but  also  to  the  low  resonant  frequencies  of 
the  piezoelectric  pressure  transducers  and  their  sensitivity  to  vibration  dis- 
turbances.  (See  refs. 11 and 16 and  previous  discussion  in  this  report.) 
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The  hot-wire  probe  can  also  be  used to obtain  the  apparent  velocity  of  the 
sources  when  the  dominant  disturbances  are  acoustic  (refs. 17 to 19) .  A com- 
parison  of  source  velocities  measured  by  several  methods  from M, = 2 to 8 is 
given  in  reference 20. By  using  the  technique  of cross correlation  between 
the  two  wires  spaced a known  streamwise  distance  apart  (refs. 18 and 1 9 ) ,  the 
results  at M, - 5 vary  from ii&iim *r 0.57 to 0.70 (ref. 20) .  The  single-wire 
technique  (ref. 17)  is not  as  accurate  as  the  two-wire  technique,  but  it  can  be 
used  to  indicate  approximate  levels  and  trends. 
The  single-wire  technique  was  used  to  obtain  values  of  us/iim  inside  the - 
rectangular  rod-wall  shield.  Typical  results  for  Mod I1 through  Mod V are  shown 
in  figure 28. A sketch  of  the  leading-edge  configuration  for  these  modifica- 
tions  is  given  in  figure 5 which  shows  that  Mod I1 is  essentially  the  same  as 
M o d  I. 
Data  for M o d  I (ref. 7) showed  that  strong  outflow  occurred  in  the  leading- 
edge  region.  "his  outflow  apparently  caused  early  transition.  The  source 
velocities  for M o d  I1 increase  from  zero  at  small R, to  large  values  of 0.5 
to 0.7 (in  the  range  of  free-stream  wind-tunnel  values)  at R, - 3.2 x 1  07. 
These  results  imply  that  for low Reynolds  numbers,  the  noise  in  the  shield  was 
dominated  by  fixed  sources  that  were  probably  caused  by  shimmering  shocklets 
from  disturbed  flow  in  the  leading-edge  region.  The  trend  of  the iis/ii, values 
with  varying  Reynolds  number  for M o d  111, Mod IV,  and  Mod V is  just  the  opposite 
of  that  for  Mod 11. At low R, the  values  are  comparable  to  free-stream  wind- 
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tunnel   va lues  of 0.5 to 0.7, but  as R, i nc reases   t he   sou rce   ve loc i t i e s  con- 
s i s t e n t l y  decrease. Thus, a t  low Reynolds  numbers  and f o r  t h e  upstream x 
s t a t i o n s ,  t h e  rod boundary l a y e r s  a t  t h e  a c o u s t i c  o r i g i n s  are mostly laminar 
and t h e  probe measures noise reflected from t h e  rods a t  t h e  same source speeds 
as the  nozzle   input   noise .  A s  the  Reynolds number increases ,   the  flow on 
t h e  rods and i n  t h e  g a p s b e c a n e s  t u r b u l e n t  a n d  t h e  a v e r a g e  s o u r c e  v e l o c i t y  
decreases. It  seems r e a s o n a b l e  t h a t  t h e  s o u r c e  v e l o c i t i e s  i n  t h e  g a p  r e g i o n  
would decrease due to merging of t h e  a d j o i n i n g  rod boundary layers as t h e  flow 
approaches and e n t e r s   t h e  gap. (See r e f s .  4 and 5 f o r  f u r t h e r  d i s c u s s i o n  and 
c a l c u l a t i o n s  of rod boundary- layer  charac te r i s t ics .  ) 
CONCLUDING REMARKS 
A rod-wall sound-shield model was tested a t  Mach 5 over a range of u n i t  
Reynolds number of 0.5 x 1 O7 to 8.0 x 1 O7 per meter. The model cons is ted  of  a 
rec tangular  a r ray  of  0.635-cm diameter rods a l i g n e d  i n  t h e  f l a w  d i r e c t i o n  w i t h  
0.102-cm gaps  between  the rods for  boundary-layer  suct ion.  
S ta t ic -pressure  measurements  in  t h e  nozzle, t he  test chamber, t h e  model 
vacuum plenum,  and  on the  rods showed tha t  the  flow i n  t h e  s h i e l d  was f u l l y  
started over  the range of test  condi t ions .  These data also showed t h a t  t h e  
i n v i s c i d  cross flaw i n  t h e  g a p s  was sonic except near the leading edge a t  the  
lowest Reynolds number where t h e  cross flow was subsonic .  The s u c t i o n  mass flow 
i n  t h i s  region was presumably reduced below desired values.  
Surveys of mean pi tot  p re s su re  wi th in  the  sh i e lded  r eg ion  in s ide  the  model 
showed that  the leading-edge shocks were s t rong ,  bu t  no c e n t e r l i n e  f o c u s i n g  
e f f e c t s  as had occurred in  p rev ious  tests of an a x i s m e t r i c  rod-wall s h i e l d  
were present.  Leading-edge  shocks (side wall and  bottom) were observed t o  move 
downstream w i t h  increasing Reynolds  number. A reasonably  uniform-flaw core was 
found i n  the  sh i e lded  r eg ion  of the  p re sen t  model. T h i s  core was a b o u t  16-cm 
long by 2.5-cm square i n  cross sec t ion .  
T r a n s i t i o n  i n  t h e  rod boundary layers was obta ined  from surface pitot- 
pressure surveys  a long  the  windward r ay  of t h e  rods. Comparison  of t hese  data 
wi th  results from previous tests on a f l a t  rod-wall pane l  showed t h a t  t r a n s i t i o n  
occurred much f a r the r  fo rward  than  in  the  p rev ious  tests. T h i s  e a r l y  t r a n s i t i o n  
i n  t h e  p r e s e n t  tests was probably caused by the leading-edge shock disturbances 
and/or t he  r educed  suc t ion  in  the  ups t r eam reg ions  of t h e  rod-walls. 
The no i se  f i e l d  i n  t h e  model was measured  wi th  f luc tua t ing  p i to t -pressure  
probes u t i l i z i n g  p i e z o e l e c t r i c  t r a n s d u c e r s  and  with  hot-wire  probes. The hot- 
wire data showed that  the  dominant  disturbance mode was acous t ic .  A t  t he  lower 
Reynolds  numbers  the  source  ve loc i t ies  for  Mod IV and M o d  V were wi th in  the  
range of values  measured i n  wind tunnels .  A t  the  higher  Reynolds numbers the  
values  of t h e  s o u r c e  v e l o c i t i e s  for Mod I11 and Mod IV showed a dec reas ing  t r end  
with increasing Reynolds  number probably due to  i n c r e a s i n g  n o i s e  r a d i a t i o n  from 
the  three-d imens iona l  tu rbulen t  boundary  layers  on  the  rods. 
A t  the  lower Reynolds numbers and when t h e  f l u c t u a t i n g  p i t o t - p r e s s u r e  
probe "sees" most ly  laminar  flaw on  the  rods, t h e  local f ree-s t ream noise  
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l e v e l s  were reduced from about 1 .5 -pe rcen t  down to  about  0.6 percen t  by the  
s h i e l d .  However, t he  actual nozzle   " input"   noise  as measured upstream before 
r e f l e c t i o n  a t  t h e  s h i e l d  wall was not a t t e n u a t e d  s i g n i f i c a n t l y  e v e n  when the  
rod boundary layers  were laminar. When t h e  rod boundary layers  were t r a n s i -  
t i o n a l  or t u r b u l e n t  t h e  s h i e l d  n o i s e  l e v e l s  a t  h i g h e r  R e y n o l d  numbers were 
above nozzle  input  levels  due a t  least p a r t l y  to the  inc rease  in  h igh  f r equency  
energy radiated fran the  ve ry  th in  rod boundary layers.  
Analysis of theory and data for r e f l e c t i o n  of  noise  from flat-plate laminar 
boundary  layers  ind ica tes  tha t  the  lack of s i g n i f i c a n t  a t t e n u a t i o n  when the  rod 
boundary layers  were laminar may be at t r ibuted to the  very high frequencies  of 
t h e  nozzle  input  noise .  These high frequencies  are unique t o  the  rapid expan- 
s ion nozzle  and are not  found in  la rger  convent iona l  nozz les .  
Langley Research Center 
National Aeronautics and Space Adminis t ra t ion 
Hampton, VA 23665 
April 25, 1 980 
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Figure 23.- Application of sound-reflection theory and data for adiabatic flat plate (M = 4.5) to 
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